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A suitable method for calculating theoretical energetic performances of a com-
posite propellant was investigated and successfully verified. This method is based on
generally accepted hypotheses, consistent and simple calculation of the chemical equi-
librium in a predominantly gaseous, multi-component reactive mixture, and on an
appropriate numerical scheme involving the propellant formula and the assigned rocket
motor operating conditions. A computer program, which permits the calculation of the
equilibrium composition of the combustion products and the theoretical energetic per-
formances of composite propellants has been developed. The results of the calculations
have been compared with data obtained by the programs OPHELIE, MICROPEP, and
the program SPP, as documented in the NASA-Lewis Code, which is presently a
world-wide standard. All comparisons gave satisfactory agreement.

Keywords: composite propellants, combustion, combustion products, chemical equilib-
rium, theoretical energetic performances.

INTRODUCTION

Thermochemical analyses, i.e., theoretical energetic performances calculations,
are needed to characterize the performances of a given propellant. Such analyses pro-
vide theoretical values of average molecular mass, combustion temperature, average
heat capacity ratio of combustion products, and the characteristic velocity. These pa-
rameters are functions of the propellant composition and chamber pressure. A specific
impulse can also be computed for a particular nozzle configuration.

These theoretical thermodynamic performances of a propellant are useful as a
means for evaluating and comparing the performances of various rocket systems; they
permit the prediction of the operational performance of any rocket unit, and the deter-
mination of several necessary design parameters, such as nozzle size and shape, for any
given performance requirement.

The objective of the present investigation was to find a suitable method for the cal-
culation of theoretical performances of a composite propellant by using generally ac-
cepted hypotheses, a consistent and simple method for calculating chemical equilibrium
in a predominantly gaseous, multi-component reactive mixture, and an appropriate nu-
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merical scheme based on the propellant formula and the assigned rocket motor operating
conditions. Inaddition,becauseof the still current andactive interest ina specificprogram
for the extensive calculations of the theoretical energetic performances of propellants, it
was considered extremely desirable to write such a program for the case of conventional
composite propellants. This program should be capable of obtaining equilibrium compo-
sitions for assigned thermodynamic states: the temperature and pressure, enthalpy and
pressure, and entropy and pressure, and be capable to perform calculations of theoretical
energetic performances of composite propellants, with high convergence rate.

DESCRIPTION OF THE MODEL

All theoretical analysesareonlyapproximationsofwhat reallyoccurs in thecombus-
tion chamber and nozzle flow, and they all require some simplifying assumptions.

The calculation of various ideal performance parameters are based on the follow-
ing assumptions:1–6 zero velocity in the combustion chamber, complete combustion,
adiabatic combustion, isentropic expansion, homogeneous mixing, ideal gas law,
one-dimensional form of the continuity, energy and momentum equations, and zero
temperature and velocity lags between the condensed and gaseous species. For equilib-
rium performances, the composition is assumed to attain equilibrium values instanta-
neously during expansion. For frozen performances, the composition is assumed to re-
main fixed at the combustion composition during combustion.

Calculation of complex chemical equilibrium compositions

Atypical composite rocket propellant contains C, H, N, O, Cl and Al as constitu-
tive chemical elements. Hence, the combustion products consist of the given six ele-
ments or contain them in a bound form, and it is possible that there are more than 70 spe-
cies in this reactive mixture.1–3, 9–11

In general, gaseous atomic species, gaseous complex chemical species (some of
them can simultaneously exist in the condensed phase), and condensed chemical spe-
cies can coexist in the combustion products of composite propellants. In this paper the
ionized species are not considered.

The developed method7 for the calculation of chemical equilibrium in such pre-
dominantly gaseous, multi-component reactive mixture, involves the stated equilib-
rium reaction scheme, including, first, the formation fo the major chemical species, the
concentrations of which prevail in the mixture, then the formation of gaseous atomic
species by dissociation of previous ones, and, finally, the formation of complex chemi-
cal species from the atomic species. It is assumed that the combustion products consist
of 47 components.7

Calculation of the equilibrium and frozen performances

Combustion chamber conditions. The combustion temperature and equilibrium
composition are obtained for an assigned chamber pressure and composite propellant
enthalpy. The energy balance requires that the total enthalpy of the mixture of combus-
tion products must be equal to the enthalpy of the formation of a propellant. The New-
ton-Raphson method was used to solve for the correction of the initial estimate of the
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combustion temperature Tc. The used correction variable is � Tc, and the corresponding
formula, which permits the calculation of this correction, is as follows:
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where Hc and Cp are the total enthalpy and the heat capacity of the mixture of com-
bustion products, and Hf,P is the enthalpy of the formation of the composite propel-
lant. The iteration procedure is repeated until the condition � Tc < 0.001 is achieved.

Once the values of nj, Tc and Tc are known (pc is also known as the desired cham-
ber pressure), it is posible to calculate:

– the number of moles n of gaseous products and the mollar mass M of the com-
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where NG and nj are the number of gaseous species and the number of moles of the
jth combustion product in a mass unit of the mixture of combustion product,
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where co
p,j is the standard state molar heat capacity for species j, R is the gas con-

stant and NP is the total number of chemical species in the combustion products,
– the enthalpy of the mixture of combustion products
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where ho
T,j is the standard state total molar enthalpy for spcies j,
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– the sound velocity,
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– the entropy of the mixture of combustion products
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where so
T,j is the standard state molar entropy for species j,

– thedensityof thecombustiongases � , using theequationofstate foran idealgas,
– the isobaric coefficient of thermal expansion,

� � �
�
� 	



� � �

�

�
��

	



��

�

�
�
�

�

�
�
�

p

p
V

V

T T

n

T

1 1 ln

ln









p

1 (9)

– the isothermal coefficient of compressibility,
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The partial derivatives of njand n with respect to temperature are needed to evalu-
ate Eqs. (3), (4) and (9). These may be obtained from differentiation of Eq. (2), mass
balance equations,7 and equilibrium constants equations,7 which gives the following:

j

NG

j
j

p p

n
n

T
n

n

�
� �

�
��

	



�� �

�

�
��

	



�� �

1











ln

ln

ln

ln
0

T
(11)

j

NP

ij j
j

p

a n
n

T�
� �

�
��

	



�� � �

1

1 2






ln

ln
0, i NEL, , ..., (12)

110 FILIPOVI] and KILIBARDA



l
l
i B

p k
k
i

b
n

a
n

l k� ��

�
��

	



�� �

�

�
��

	




( ) ( )ln

ln

ln

ln











T T

A �� � �
�

�
��

	



��
�

�
��

	



��� �

p l
l
i

k
k
i

p

b a
n( ) ( ) ln

ln




 T

=






ln

ln

K p
(i)

p
T

�

�

�
�

	




�
�

(13)







ln

ln

1
( )

( )
( )

0
( )K

T RT
b h p T a h

p
i

p
l

l
i

B
k

k
i

l

�

�

�
�

	




�
�

� �� �, ( )0p T Ak
,

�

�
�

�

�
� (14)

where Kp is the equilibrium constant for the general reaction:
a A b Bk k l l

lk

� �� ,
where ak and bl are the stoichiometric molar coefficients of the chemical molecules
(or atoms) of the reactants Ak, and the products Bl, respectively, superscript (i) de-
notes the number of the chemical reaction, and NEL is the total number of chemical
elements in the propellant.

The thermodynamicderivativesareobtaineddirectlybysolutionof Eqs. (11) to(14).
The partial derivatives on nj and n with respect to pressure are needed to evaluate

Eqs. (4), (6), and (10). These derivatives can be obtained in a manner similar to that de-
scribed for obtaining derivatives with respect to temperature:
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Thethermodynamicderivativesareobtaineddirectlybysolutionof Eqs. (15) to(17).
The obtained values characterize the thermodynamic conditions in the combus-

tion chamber.
Nozzle exit conditions. Exit conditions may be defined for assigned pressure ra-

tions, pc/p, or area ratios, Ae/At. Throat conditions, however, are always determined af-
ter the combustion conditions are completed and before any assigned pressure ratios or
other assigned area ratios are considered. Isentropic expansion is assumed.
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For an assigned pressure ratio, the equilibrium composition and exit temperature
are determined for the pressure p corresponding to the assigned ratio and for the com-
bustion entropy Sc. For the throat and other assigned area ratios, an iteration procedure
is used to determine the correct pressure ratios.

After the equilibrium composition and temperature are obtained for an assigned
pressure ratio or area ratio, all thermodynamic functions and thermodynamic deriva-
tives, which characterize the thermodynamic conditions in the considered nozzle sec-
tion, are calculated by means of the corresponding equations, and all theoretical ener-
getic performances of rocket propellants may be calculated by the following equations:

– Characteristic velocity, C* =
p

w
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– Mach number, Mach =
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– Specific impulse, vacuum, Isp,v = C
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– Specific impulse, adapted, Isp,a = C
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– Specific impulse, non-adapted, Isp,na = C
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– Average isentropic flow exponent, � av =

ln

ln

c

c

p

p
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(25)

where w is the gas flow velocity, A is the cross-section area, and subscripts t, e and a
denote throat, exit and ambient conditions, respectively.

Throat conditions. Determination of the throat conditions is specific because both
the basic variables, pressure and temperature, are unknown. The throat condition may
be determined by locating the pressure ratio for which the area ratio is a minimum or for
which the velocity of flow is equal to the velocity of sound. The second procedure is
used in this calculation. It follows:

112 FILIPOVI] and KILIBARDA



Mach
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a
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As in the case of combustion chamber conditions, the Newton-Raphson method
is used to solve for correction to the initial estimates of throat temperature Tt and pres-
sure pt. The correction variables used are � Tt and � ln pt, and the corresponding for-
mula, which permits the calculation of these corrections, is as follows:
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Since isentropic expansion is assumed, the second essential equation is as follows:

C

T

p � Tt – nRT� p � ln pt = Sc – S
(28)

The temperature and pressure are determined by solving simultaneously the pre-
vious equations.

The initial estimates of the pressure and temperature at the throat are obtained
from gas-dynamic relations using the value of � from the combustion chamber. The iter-
ation procedure is repeated until the conditions � Tc < 0.001 and � ln pc < 0.001 are
achieved.

Nozzle exit conditions – Assigned pressure ratio. Foranassignedpressure ratio, the
equilibrium composition and the exit temperature are determined for the pressure pe corre-
sponding to the assigned ratio and for the combustion entropy Sc. The Newton-Raphson
method is used to solve for the correction to the initial estimate of the exit temperature Te.
The correction variable used is � Te, and the corresponding formula, which permits the cal-
culation of this correction, is as follows:
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The initial estimate of the exit temperature is obtained from the gas-dynamic rela-
tion using the value of � from the combustion chamber. The iteration procedure is re-
peated until the condition � Te < 0.001 is achieved.

Nozzle exit conditions - Assigned area ratio. For the assigned area ratios, an itera-
tion procedure is used to determine the correct pressure ratios. For supersonic area ra-
tios, an empirical formula, which we obtained from fitting data to give estimates for the
pressure ratios, is used:
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The initial estimate of the exit temperature is obtained from gas-dynamic relation
using the value of � from the combustion chamber.

As in the case of the throat conditions, both basic variables, pressure and tempera-
ture, are unknown. The nozzle exit-assigned area ratio conditions are determined by lo-
cating the area ratio, which is equal to the assigned area ratio. This means:
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As in the case of throat conditions, the Newton-Raphson method was used to
solve for the correction to the inital estimates of temperature Te and pressure pe. the cor-
rection variables used are � Te and � ln pe, and the corresponding formula, which per-
mits the calculation of these corrections, is as follows:
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Since isentropic expansion is assumed, the second necessary equation is Eq. (28).
The temperature and pressure are determined by solving simultaneously the pre-

vious equations. The iteration procedure is repeated until the conditions � Tc < 0.001
and � ln pc < 0.001 are actived.

Calculation of frozen performances

The procedure for obtaining rocket propellants performances assuming that the
composition is frozen (infinitely slow reaction rates) during expansion is simpler than for
that assuming equilibrium composition. This is due to the fact that the equilibrium com-
position needs to be determined only for combustion conditions. After obtaining the com-
bustion compositions in an identical way as desribed for equilibrium performances, the
remainder of the procedure is also analogue to the equilibrium performances. However,
the thermodynamic derivatives discussed in previous sections were based on the assump-
tion that, in any thermodynamic process going from one condition to another, the equilib-
rium values composition is attained instantaneously. If, on the other hand, the reaction
rates are assumed to be infinitely slow, the composition remains fixed (frozen), and the
expressions for the derivatives become simpler.

RESULTS AND DISCUSSION

A computer program, named ProPEL (Propellant Properties Evaluation), has
been developed on the basis of the above-mentioned algorithm. ProPEL is a PC-based
computer code and is assigned for a 32-bit Windows environment. It is written in Visual
Basic as the programming language.

114 FILIPOVI] and KILIBARDA



TABLE I. Comparative analyses of the calculated theoretical performances of composite propellant

AP/Al/Binder 70/16/14 obtained by various computer codes

Chamber Throat Exit
Program SPP ProPEL Diff. % SPP ProPEL Diff. % SPP ProPEL Diff. %

Frozen performances
Ae/At 30.000 30.000
pc/p 1.000 1.000 1.77 1.80 –1.489 348.662 351.586 –0.839

p; bar 38.68 38.68 21.84 21.51 1.468 0.11 0.11 0.833
T; K 3362 3361 0.015 3058 3058 –0.014 1215 1222 –0.577

S; J/g K 9.799 9.792 0.074 9.799 9.792 0.074 9.799 9.792 0.074
H; J/g –1694.7 –1693.0 0.099 –2254.4 –2252.4 0.087 –5361.1 –5489.5 –2.393

Cp; J/g K 1.854 1.853 0.089 1.838 1.838 0.004 1.648 1.647 0.055
� 1.197 1.197 0.005 1.199 1.199 0.002 1.227 1.227 –0.030

ngas; mol/g 0.036680 0.036692 –0.032 0.036680 0.036692 –0.032 0.036680 0.36692 –0.032
� a 1.209

T� p 1 1 1 1 0.000 1 1 0.000
p� T –1 –1 –1 –1 0.000 –1 –1 0.000

M; g/mol 27.263 27.254 0.032 27.263 27.254 0.032 27.263 27.254 0.032
r; g/cm3 3.76� 10-3 3.77 � 10-3 –0.200 2.34 � 10-3 2.31� 10-3 1.400 2.99� 10-5 2.95� 10-5 1.435
a; m/s 1106.6 1108.0 –0.128 1057.5 1057.7 –0.019 676.2 676.5 –0.048
c*; m/s 1562.1 1585.9 –1.520 1562.1 1585.9 –1.520
Mach 1.000 1.000 4.080 4.073 0.166
Ae/At 1.000 1.000 30.000 30.000 0.000
ÇF 0.677 0.667 1.482 1.765 1.738 1.555

Isp;v; N s/kg 1949.19 1939.81 0.482 2894.88 2890.83 0.140
Isp;a; N s/kg 1057.52 1057.71 –0.017 2760.91 2755.51 0.196
Isp;na; Ns/kg 1898.26 1644.54

Equilibrium performances
Ae/At 30.000 30.000
pc/p 1.000 1.000 1.74 1.74 –0.306 284.915 284.806

p; bar 38.68 38.68 22.25 22.18 0.306 0.14 0.14
T; K 3362 3361 0.015 3139 3161 –0.695 1629 1630 –0.090

S; J/g K 9.799 9.792 0.074 9.799 9.792 0.074 9.799 9.792 0.074
H; J/g –1694.7 –1693.0 0.099 –2242.8 –2243.9 –0.050 –5825.8 –5823.7 0.037

Cp; J/g K 3.661 3.623 1.048 3.319 3.297 0.640 1.729 1.729 0.005
� 1.143 1.163 –1.794 1.146 1.161 –1.338 1.207 1.206 0.014

ngas; mol/g 0.036680 0.36692 –0.032 0.36372 0.036383 –0.033 0.035465 0.035479 –0.040
� a 1.155

T� p 1.3031 1.296696 0.491 1.2377 1.234656 0.246 1.0014 1.001381 0.002
p� T –1.01681 –1.00919 0.749 –1.01261 –1.0078 0.475 –1.00004 –1.00004 0.000

M; g/mol 27.263 27.254 0.032 27.494 27.485 0.033 28.197 28.186 0.040
� ; g/cm3 3.76� 10-3 3.77� 10-3 –0.200 2.32� 10-3 2.32� 10-3 0.126 2.83� 10-5 2.82� 10-5 0.095

a; m/s 1082.3 1087.2 –0.452 1046.7 1049.6 –0.276 761.4 761.7 –0.036
c*; m/s 1588.3 1588.6 –0.019 1588.3 1588.6 –0.019
Mach 1.000 1.000 3.776 3.773 0.064
Ae/At 1.000 1.000 30.000 30.000
ÇF 0.659 0.661 –0.257 1.809 1.809 –0.015

Isp;v; Ns/kg 1961.02 1960..58 0.022 3042.08 3041.59 0.016
Isp;a; Ns/kg 1046.73 1049.59 –0.273 2873.70 2874.25 –0.019
Isp;na; Ns/kg 1918.97 1793.13
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Numerous results of these calculations were obtained for different composite
propellant formulations and rocket motor conditions. Only one example is indicated
here to illustrate typical values of the thermodynamic functions and derivatives, which
characterize different locations in a rocket motor, and all energetic performances, for an
aluminized composite propellant and to compare the calculated values with the corre-
sponding available values obtained using the SPP programs9 currently in use. Namely,
the successful verification of the presented method and the ProPEL program has been
conceived to give affirmative answer with respect to the results of this computer code
and some others programs, which are presently world-wide standards.

The results of these calculations and the corresponding comparative analysis are
presented in Table I.

As can be seen from Table I, there is good agreement between the corresponding
thermodynamic functions and derivatives, which characterize different locations in a
rocket motor, and between all the energetic performances, obtained using the various
computer codes.

Other comparisons with respect to the MICROPEP10 and OPHELIE11 programs
gave satisfactory agreement, as well.

These results were expected, bearing in mind the good agreement between the
corresponding combustion products equilibrium compositions.7

Although in the analysis of the chemical composition of these solid propellants
approximately 70 additional reaction products were considered in addition to the major
product species in the French program, named OPHELIE, and the American one,
named SPP, their calclulated mole fractions were very small and, therefore, they did not
significantly influence the theoretical performances. This means that our computer
code ProPEL, which analyzes 47 combustion products, is very suitable for this type of
propellant. Contrary to the other considered programs, the ProPELcomputer code is as-
signed to extensive calculations on particular chemical systemt–typical composite pro-
pellants, with a high convergence rate.

CONCLUSION

Asuitable method and a computer program for the calculation of theoretical ener-
getic performances of composite propellants have been developed, which have been
successfully verified. The results of the calculations are compared with data obtained
by other programs, which are presently world-wide standards. All comparisons gave
satisfactory agreement.

I Z V O D

PRORA^UN TEORIJSKIH PERFORMANSI KOMPOZITNIH RAKETNIH GORIVA

MILO[ FILIPOVI] i NIKOLA KILIBARDA

Vojnotehni~ki institut VJ, Katani}eva 15, 11000 Beograd

Istra`ivan je i uspe{no verifikovan metod prora~una teorijskih energetskih

performansi kompozitnih raketnih goriva. Ovaj metod se zasniva na op{te prihva-
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}enim hipotezama, konzistentnom i jednostavnom prora~unu hemijske ravnote`e u

prete`no gasovitoj, vi{ekomponentnoj reaktivnoj sme{i i odgovaraju}oj numeri~koj

shemi koja obuhvata formulu raketnog goriva i zadate uslove rada raketnog motora.

Razvijen je ra~unski program koji omogu}ava prora~un ravnote`nih sastava produkata

sagorevawa i teorijskih energetskih performansi kompozitnih raketnih goriva.

Rezultati prora~una komparirani su sa podacima dobijenim kori{}ewem programa

OPHELIE, MICROPEP i programa SPP, dokumentovanog u NASA-Lewis Code-u, koji pred-

stavqa svetski standard. Sva pore|ewa dala su zadovoqavaju}e slagawe rezultata.
(Primqeno 25. oktobra 2000)
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